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Abstract

This paper presents development work on a small
unguided, experimental hybrid rocket with an initial mass
of 65 kg (143 Ibs). Hydroxyl-terminated pdyisoprene
and peswurefed red fuming nitric add are used as
propellants. The HERA (Hybride Experimental-Rakete)
experimental rocket projed was darted in order to study
charaderistics of the @ove mentioned hybrid propell ants.
The final goal of this investigation was to develop a
rocket with a range of 20 km. More than 40 test firings
were performed with dfferent experimental testbeds.
These tests were divided into five different series:
h Initial tests

Internal balli stic tests to evaluate performance and

fuel regressonrates

Thrust measurements and herdware tests

Testing of a robust stationary testbed of the HERA

hybrid motor

Quadlificaion d the entire propusion system

Nomenclature

a regresson law constant
A nozzle it area

A, nozzlethroat area

c charaderistic velocity
Ce thrust coefficient

Gox oxidizer massflux

Is spedficimpulse

L charaderistic motor length
le grain length

DMy, fuel massconsumption
Pec chamber presaire

r port radius

ro initial port radius

r end pat radius

dr/dt fuel regressonrate

ty burning time

a massflux exponent

b geometrie exporent

r fuel density

F mixing ratio oxidizer/fuel
he combustion efficiency
hee nozze dficiency

his thrust efficiency
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Introduction

Besides the established liquid and solid propusion
systems, the hybrid rocket is very interesting for future
application. The cmbination d solid and liquid fuel
comporents promises advantages and improvements
concerning reliability, safety, cost effedivenessand hgh
performance @mbined with nonpall uting charaderistics.

Projed¢ HERA amed at the devolepment of a small
experimental hybrid rocket in a redisistic environment.
This procedure has the alvantage, that the experimental
program was influenced by the development parameters
of aflight vehicle. The investigation was condwcted and
financed between 19891992 ly the aithor [1] and was
suppated by DASA (Bremen/Trauen). Other aspeds of
the projed HERA were the study of spedfic hybrid
internal  ballistics, performance daraderistics, fuel
regresson parameters and measurement acairacy.

The design parameters of HERA were arange of 20 km
and a lift-off mass of lessthan 70 kg. Further design
feaures for the experimental rocket were:

Storable oxidizer

Uncooled expansion nazze
Simpleignition method

Presaure regulated oxidizer feed urit

The HERA rocket consists of a hybrid rocket motor,
stabilizing fins and a parachute system. Construction
materiadls were mainly alumium aloys and cabon
composites. The motor nozZle insert is made of graphite
and the nozZe structure of nickel-based super-alloy. The
oxidizer feed urit consists of the cmporents: oxidizer
tank, oxidiz&e flow controller and regulated
presaurization system.

Figure 1: Initial Version of HERA



The initial rocket design (fig. 1), based on theoreticd
cdculations and initia tests, was continually improved in
an iterative process using the test firing data and results
of 6-DOF-simulations. These simulations produced
launch parameters for maximum range and the resulting
impad dispersion, as well as, wind weighting functions
and structural loads on the vehicle. Aerodynamic data
were ohtained with the ad of a semi-empiricd computer
code. The fina rocket design (fig. 2 and tab. 1) shoud
achieve a maximum range of 19 km and a burn-out
velocity of Mach 22. Find testing could na be caried
out, dueto budyetary problems.

The initial version o the HERA motor consisted of four
chambers with cylindricd grains mourted to a single
expansion nazze. Figure 3 shows the nozzZe sedion
made of nickel-based super aloys and the graphite insert.

Parachute

Pressurisation

Tank

Ignition Device

Hybrid Motor

Fins

Figure 2: Final Configuration of HERA

Figure 3: Nozzle Assembly of Rocket

Table 1. Characteristics of Final HERA Version

Launch mass 65.4 kg
Oxidizer mass 26.4 kg
Fuel mass 7.0 kg
Launch thrust 3250N
Average chamber presaure 32 ber
Burning time 216s
Caliber 0.195m
Length 290m

For the development of the hybrid propusion five test
series were planned to investigate important aspeds of
the hybrid rocket design (tab. 2 and 5).

Table 2. Test Series

Test Series Objedives
Initial Firings Tests of Motor Comporents
Combustion Efficiency
Fuel Regresson Parameters
Internal
Balli stic Tests Ignition Behavior
Determination d Best
Operating Condtions
Complete Fuel Utili zation
Thrust Tests Reproducability
NozZle Material and
Performance
Ignition Behavior
Tg;tbed " Combustion Stability
Firings
Qudificaion o Oxidizer Feed
Unit
Qualification . .
Firings Test of the Entire Propusion

System
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Hybrid Propellant Combination Hydr oxyl-
terminated Polyisoprene /RFNA

The seleded solid fuel hydroxyl-terminated pdyisoprene
(KURARAY LIR-503) isa @mmon induwstrial product.
Diphenylmethandii socyanate (MDI) was sleded as the
curative due to its favorable toxic charaderistics. The
fuel was cast into paper phendlic catridges. Properties of
the fuel are listed in table 3. The seleded oxidizer was
RFNA (83% HNO;, 16 % N,O, and 1 % H,0). The
stochiometric mixture ratio with hydroxyl-terminated
polyisoprene is 5.107. The maximum theoreticad
charcteristic velocity is 1540 m/s with a O/F-mixture
ratio of 4.3.

Table 3. Properties of Hydroxyl-terminated
Polyisoprene (LIR-503)

Reduced Sum Formula CHa,586N0,00220,0035
(cured state)

Prepolymer:

Molecular Weight 25000

Funktional Group OH

Number of OH-groups 25

per Molecule

Jod Number 368

Viscosity (38°C) 800 mise

Density (20°C) 0.92g/lcm®

The propellants hydroxyl-terminated pdyisoprene and
RFNA are nat hypergolic, therefore dl test firings used a
mixture of 3 parts Fe-acdonylacdate and 2 mrts 2,6-
dimethylanili ne asigniter. 15-20 g of the ignition mixture
was melted and applied to the grain surface where it
solified very quickly (fig. 4)

Figure 4: Application of Ignition Mixture

Test Firingsand Setups

Initial Tests

Two dfferent motors were built for the testing of motor
comporents, i.e. injedors, nozZe nfigurations and
materias. The first motor used aregenerative waoled sted
nozzle wated with zirconium(lV)oxide and a solid cone
spray injedor (fig. 5). The second motor used an
uncooled nazzle structure made of Haynes aloy with a
ZrO,-coated sted nozze insert. A holow cone spray
injedor was used. Both motors used a mixing chamber
lined with graphite and a mixing diaphragm. The motor
cese was made of aluminum. Nine firing tests were
performed.

Use of mixing diaphragm and speda mixing chamber
was given up due to it complexity. The foll owing motor
comporents and materials were seleced for the rocket:

Hollow cone spray injedors
High-density, fine-grade graphite nozze inserts

Fuel grain design using cylindricd ports and an
initial L/D of 18 andinitia port radius of 17.5 mm

Figure 5: Initial Test Motor 1

Internal Balli stic Tests

The internal balli stic test serie was used to determine the
fuel regresson rate @ a function d oxidizer mass flux,
chamber presaure and grain pat radius. Additionally, the
charaderistic velocity and combustion efficiency were
ohtained. The data were enployed to seled the operating
condtions of the HERA motor. A simple test motor (fig.
6) was used for evaluating the internal ballistic charac
teristics of hydroxyl-terminated pdyisoprene/RFNA. The
test condtions gan an interva of oxidizer mass flux
from 4-15 g/s*cn?, oxidizer massflow from 95210 g/s,
final port radius ratio 1.1-1.8 and chamber presaure from
8 —18 lar. More than 20 tests were performed. They
exhibited very smooth and stable mmbustion behavior.

Figure 6: Internal Ballistic Test Motor

Fuel Grain
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Thrust Tests

In this ries, the grain was fired for the full duration
under HERA operating condtions. The thrust, spedfic
impulse, thrust coefficient and efficiency were
determined. Furthermore, these tests produced fuel
regresson rate data. Nine test firings were performed (fig.
7). A modified version o motor 2 from the initial testing
was utili zed (fig. 8).

Figure 7: Thrust Test

Hollow Cone Spray Injector Graphit Nozzle Insert

Fuel Grain Haynes Alloy Nozzle Structure

Figure 8: Configuration of Thrust Test Motor

Testbed Firings

The testbed motor was a simplified version  the HERA
motor with a maximal burning time of 6 s. The nozze
entrance volume was smulated by an additiona chamber
(fig. 9). NozzZe and chamber assembly were of mild sted.
A 2 mmthick fuel layer was ®ded to the chamber wall.
The investigation o ignition hkehavior, combustion
stability and performance of the testbed with the rocket
oxidizer feed unt was performed with this version. Four
test firings were performed (fig. 10).

Manifold Fuel Layer Mixing Chamber

Hollow Cone Spray Injector Nozzle

Figure 9: Configuration of Testbed Motor

Figurel10: Testbed Firing
Qualification Firings
The objedive of this testing was the qualificaion o the
propusion system for flight testing (tab.4). The test stand

was fully instrumented for monitoring of the dl firing
data (fig. 11).

Figure 11: Preparation of Qualification Test

Table 4: Qualification Parameters of
Initial HERA Motor

Chamber Presaure 17.0 bar
Tank Presaure 24.0 bar
Thrust 1780N
Spedfic Impulse 2020Ng/kg
Combustion Efficiency 0.93
Average Mixture Ratio 4.0
Burning Time 375s
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Table 5: Test Configuration Matrix

M otor Spray NozZle Throat NozZlelnsert Mixing Nominal Fuel Grain Nominal
Injecor Area (cm?) Material Chamber Burning Time Dimensions Thrust
L (m) © r1 ro ls (cm) (N)
Initial Test Full Cone 1.8-25 Sted+ZrO» 0.5 50 different 400
Internal
Ballistic Test Hollow Cone*  1.77 Nimonic Alloy None 32 3.2%1.75°62 400
Thrust Test Hollow Cone*  1.77-1.92 Graphite None 32 3.2¥1.75*62 400
Testbed Hollow Cone*  7.55-8.16 Mild Sted 0.2 6 3.2¥1.75*72 1700
Initial HERA  Hollow Cone*  7.55 Graphite 0.3 375 3.4*1.75*72 1780

* average diameter of droplets: 0.4 mm by an injector presaure difference of 10 bar

Discusson of Results

Seledion of Operating Conditions

The optimum chamber presaure and oxidizer mass flux
for the investigated motor configuration given through
the fuel grain geometry, nozze throat area ad injedor
parameter were examined. The injeded oxidizer mass
flow is plotted against chamber presaire for the internal
ballistic and thrust test series in figure 12 (averaged
values). A nealy linea correlation upto a massflow of
170 g/s was observed. There was no increase in chamber
presaure @ove 170 g/s. The fuel mass flow was lower
than expeded. The mixture ratio becomes oxidizer rich
and c* dedines. The average oxidizer mass flux above
170g/swas greaer than 115 g/s*cn?.

| | s ®
Internal Ballistic and 'y % b
Thrust Tests 7
| o
4.7 -10.7 g/s*ciz/
-/ 11.5 - 15.4 g/s*cm?

\ \
/ Oxidizer Mass Flux _|
L -

’

=
4]

Chamber Pressure (bar)
o S

’

0 40 80 120 160
Oxidizer Mass Flow (g/s)

Figure 12: Chamber Pressure versus Oxidizer Mass
Flow (single port grain)

200

Therefore the average oxidizer mass flux of the rocket
was @t to 9 g/s*cn? The epeded average ctamber
presare for a single port configuration without mixing
devices for 170 g/s is 16.5 bar. Firings with the HERA
motor testbed confirmed this expeded value.

Ignition

A simple ignition method was used as mentioned above.
The grain surfacewas coated with an hypergolic ignition
mixture. It proved to beinadequate in achieving areliable
and predictable ignition and caused several test fail ures.
The mixture was applied only to the first few centimeters
of the grain pat length for the initial and internal
regresson test series. There was no pressure overshod
observed, but several tests quenched. Ancther
undesirable dfea of this ignition method was an
increased fuel regresson due to massve thermal ignition
pea during the first seoond d burn (fig. 13). This effed
contributed to the regresson dcata arors.

3,0 2,0 1,0 0,0
Time (s)

Figure 13: Chamber Pressure versus Time Test
(Internal Ballistic Test)

For further testing the ignition mixture was applied to
nealy half the length of the port to avoid quenching.
Corred ignition was adiieved, but ignition pessure
varied widely. Extreme ignition presaure pedks destroyed
severd test motors. An ignition pressure peak higher than
100 ker caused the destruction d the HERA motor in the
qualificaion test series.

Combustion Stability

The initial and internal balistic tests displayed very
smooth combustion (fig.14 a 15).
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Figure 14: Parameter of a Initial Test versus Time
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Figure 16: Chamber Pres'sure( ersus Time Test
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Figure 15: Typical Smooth Internal Ballistic Test

Characteristic Velocity and Combustion
Efficiency

The ombustion efficiency defined as he = c* / Crypy
charaderize the mmpleteness of combustion. The
theoreticd charaderistic velocity and the experimental
results of the internal ballistic and thrust test series are
shown in figure 17. The theoreticd performance was
cdculated with computer code [2], which is based onthe
method d Bathelt and Volk [3]. The ignition mixture
values were included in the cdculations. A quadratic
polynom was fitted to the experimental results ( C*¢ =
986.35+194.1F-230F ). The aerage mbustion
efficiency was 0.91. This value was cdculated using the
mean values of the polynom and the theoreticd curve.
The maximum ¢*, of 1400m/s was at a mixture ratio of
4.3. The average h of the testbed firings was 0.92.

The chamber presaure & the nozze entrance was used for
cdculation puposes. A presaure drop between injedion
head and na@ze entrance for this grain configuration
(without mixing diaphragm) was typicdy 0.3 bar. In the
initial test firings (with mixing diaphragm and chamber) a
value of 1 bar was measured.

The first thrust test firings sowed some rough
combustion, believed to have been caused by the
mourting of the cmplete setup on flexible thrust
measurement fadlity. Modificaions of the diminated the
rough combustion. The testbed firings $owed an
unstable operation with very high amplitude ad
oscill ations at 8 Hz. (fig. 16).

160 T

- . o —
< 140 ) LT
€ A
2 120 ' \ L
‘g Theoretical  Internal Ballistic N
< 1000 and Thrust Tests
>
o 800 | |
® Theoretical Performance:
g 600 | |
E 400 Chamber Pressure 15 bar __|
2
O 200

0

2 4 6 8

Mixture Ratio (-)

Figure 17: Experimental & Theoretical
Characteristic Velocity versus Mixture Ratio
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Spedfic Impulse and Thrust Coefficient

The eperimental spedfic impulse results were fitted by
a quadratic poynom. The spedfic impulse dficiency,
defined ash s = lge/ Isth » Was 0.90. A spedfic impulse of
1910Ns/kg was achieved with amixture ratio of 4.3. The
nozzle or thrust coefficient effediveness defined as her
= his /he ,was 0.99. The theoreticd cdculations, based
on a frozen equilibrium flow assumption, probably
uncer-predicted the nozze performance (AJA; = 4.49),
which would lead to this high value. The thrust
coefficients are shown in figure 18.

1,6
14 %
° ad

=z 12 Thrust Tests Theoretical
S 10 AdA =449 —]
) Theoretical Coefficients for
£ 08 15 bar Chamber Pressure,
8 Frozen Equilibrium,
2 0.6 Sea Level
ol |
= 04 1
= Exp. AJA = 4.12-4.49

0,2

0,0

2 4 6 8

Mixture Ratio (-)
Figure 18: Experimental & Theoretical Thrust
Coefficient versus Mixture Ratio

Fuel Regresson

The overal average regresson rate is based on the
asamption that the surface of the fuel grain regresses
cylindricdly throughou the firing.

It is defined as:

dr/dt = (Dmy/pr I + 1 )*° = ro))/ts .

A data analysis program [4] was used to determine the
fuel regresson rate & a function o the oxidizer mass
chamber presaure and grain pat radius. The replacement
of the time dependent motor parameters by their time-
averaged values for this grain configuration results only
in negligible arors in the regresson correlation
parameters [1], [5], since the fina to initial grain pat
radius ratio was snal only 1.8. The fuel regresson
results gave the best correlation with oxidizer mass flux
and pat radius as parameters:

dr/dt = aGy,2r° .

The wrrelation constants a, a and b are subjed to
relatively high errors (tab. 6). This results from the
limited acaracy of measurements of the parameters
involved. The ignition mixture dso fasified the average
regresson rate (fig. 13). The small size of the test motors
also leads to additiondl errorsin the measurements [6].

It was observed that a significant change in fuel
regresson kehavior acaired at an oxidizer massflux of 8-
10 g/s*cm . Therefore, two regresson correlation values

as function d the oxidizer mass flux above axd below
this value ae given in figure 19 and table 6 (port radius
as parameter ). The value of the empiricd oxidizer mass
flux exporent (0.6 - 0.9) below about 9 g/s*cm is well
known from other authors. Above 9 g/s*cm the exponent
is unwualy smal. The rrelation results display a
surprisingly strong dependency on the port radius (tab.
6).

Table 6:
Correlation Parameter and Relative Errors

Parameter a a b
Interval-1 0.0057 0.8 0.81
Error +135% +22% +50%
Interval-2 0.0078 0.254 1.10
Error +41% +56% +28%
0,5 PP AP
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Oxidizer Mass Flux (g/s*cm?)

Figure 19: Fuel Regression Rate versus Oxidizer
Mass Flux

Ancther approach to evaluate regresson behavior is to
analyse tests over a small range of average oxidizer mass
flow, chamber presaure and with a cnstant initial grain
port radius. This procedure simulates a one time firing
test. The average oxidizer massflux was above 9 g/stcm

for these tests. A plot of the fina port radius versus
burning time for these tests sows a nstant fuel
regressonrate (fig. 20).

The increasing fuel mass flow resulted in a deaeasing
O/F mixture ratio (fig. 21). This is confirmed hy
observation d the plume wlor of long burning tests,
which change from transparent to brilli ant yellow and a
dightly increased chamber presaure (max. 10%). These
results suppat the statement that above ~ 8-10 g/s*cm
the port radius is the determining fador in the fuel
regressonrate.
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Figure 20: Final Port Radius Ratio versus Time

Oxidizer Mass Flow 143 -185 g/s
Chamber Pressure 13.3 —17.2 bar
Initial Port Radius 17.5 mm

Mixture Ratio (-)

1,0 1,2 1,4 1,6 1,8 2,0
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Figure 21: Mixture Ratio versus Final Port Radius
Ratio

Err or Propagation Calculation

Charaderistic velocity, spedfic impulse, oxidizer mass
flux and fuel regresson rate ae derived values, that
canna be measured diredly. Therefore, error propagation
cdculations are important to determine the acaragy of
these parameters. The range and error range of measured
data ae given in table 7. Using the method d error
propagation, the estimated errors of the important motor
parameters were cdculated (tab. 8).

Table 7: Estimated Errors in Measured Basic Test
Motor Parameters

Motor Parameter Value 2s-Error (%)

Chamber Presaure 8-18 har 1.0-25
Oxidizer MassFlow  95-210g/s 14-28
Burning Time 5-30s 0.5-30
NozZeThroat Area 1.76 —80cm 12-27
»Effective” Port 3.0cm 5.0
Length’

Initial Port Radius 1.75-25cm 3.0-40

" = fictive port length urcertaincy due to variation of
length dependent regresson

It isinteresting to nae, that the scater of the data points
inthe graphs (C'+ 2.5 — 33 %, I * 4.6 % and d/dt + 3.1
— 7.9% ) are on the same order as the estimated errors
cdculated by the method d error propagation.

Espedally the parameters oxidizer mass flux and fuel
regresson rate, show significant errors, due to
conceptional uncertainty in pat diameter and adive fuel
regresson time. Furthermore, the length dependent fuel
regresson gave regressgonrate arors. (fig. 22).

Injection Point

Disturbed Homogeneous
| Zone Zone

Figure 22: Port Length Dependent Regression

Table 8: Estimated Errors of Derived Motor Parameters

Parameter Value 2s-Error (%)
Oxidizer Flux 4-15¢g/s*cm 6.0 — 80

Fuel MassHow 20-409/s 05-30
Total MassFow 110 - 25Qy/s 13-27
Mixture Ratio 35-70 15-40
Charageristic 1400m/s 2.0-46
Velocity

Fuel Regresson Rate  0.25 — 045mm/s 3.5 - 80

NozZze Inserts

Severa materials were tested for their suitability for
usage @ nozzle inserts. Y ,05-stabili zed ZrO, and Haynes
aloy proved to be inadequate due to physicd defeds or
excessve weight. After testing, it was determined that
high-density, fine-grade graphite was the most suitable
materia for usein this applicaion.
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Summary

A smal experimenta hybrid rocket projed using
hydroxyl-terminated pdyisoprene/RFNA as propell ants
was garted with the objedive of obtaining a range of 20
km and a start massof lessthan 70kg. The testing of the
initial motor configuration showed the foll owing resullts.

The thrust for the given fuel grain geometry is limited by
a maximum initial oxidizer mass flux or flow. The
combustion and thrust efficiencies were 0.91 and 090
withou spedal mixing diaphragm. The fuel regresson
rate showed an expeded oxidizer mass flux dependency
up to a limiting value and afterwards remained nealy
constant. The grain pat radius exerted an influence on
the regresson rate. The ombustion kehavior in the
single grain configurations was snocth. Instabiliti es were
only in the quadruple enfiguration olserved. Coating
the grain with a hypergoli ¢ ignition mixture proved to be
an urreliable ignition method

A design review of the initia motor configuration wsing
the a@ove results and those of 6-DOF flight simulations
was performed. The simulations indicaed the need for
higher thrust levels. Therefore, the following
modifications were gplied. A new single port grain was
designed to achieve higher oxidizer mass flow with
limited massflux. The ignition problems were solved by
an external pyrotechnique ignition chamber.

Error analysis showed that the relative arors of the
derived motor parameters are relatively large due to the
smal size of the tested corfiguration. The results
therefore may not be gplicable to high-performance
hybrid motors.
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